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A parametric study of lunar-mission vehicles designed for lunar-orbit-

rendezvous and direct lunar missions was made for the purpose of determining the

injected weight required for missions performed under various circumstances.

Missions were considered which had crew sizes from 2 to 14 men, transported sup-

plies to be deposited on the moon up to 40_000 pounds, circular and elliptic

orbits at the moon with maximum altitudes from 50 to 8_000 international nautical

miles, and points of entry into lunar orbit at both apolune and perilune. Three

fuel combinations were considered.

The results of this study indicate that the lunar-orbit-rendezvous mission

requires much smaller weights injected to the moon than the direct lunar mission.

For the lunar-orbit-rendezvous mission, the lowest lunar-mission-vehicle weights

were generally obtained for low-altitude orbits. In the case of elliptic lunar

orbits entered at perilune, vehicle weight was relatively insensitive to lunar-

orbit altitude. In the cases of circular lunar orbits and elliptic lunar orbits

entered at apolune, vehicle weight increased markedly with lunar-orbit altitude.

INTRODUCTION

In recent years the Langley Research Center has investigated the use of

rendezvous to assist in accomplishment of the manned lunar mission. As a result

of this work the merits of the use of rendezvous have become apparent, and a par-

ticular form of lunar mission has been developed which uses lunar orbit rendez-

vous. This mission substantially reduces the earth boost requirement for making

a lunar mission. In this plan the command module in which the men make the trip

to the moon and the associated propulsion for return to earth are left in a lunar

orbit and descent to the lunar surface is made in a small lander vehicle. On

return to the orbiting command module the lander vehicle is discarded and earth

return is made in the command module which is designed for the required atmos-

pheric reentry. As a result of avoiding the deceleration and acceleration of

components not needed on the lunar surface the overall weight of the vehicle in

transit to the moon is much less than would be required for a direct mission to

the moon wherein all components are placed on the lunar surface. The substantial



benefits of this lunar rendezvous concept were outlined in a summaryof rendez-
vous research in reference i and to a further extent in reference 2.

The purpose of the present investigation was to study the lunar-orbit-
rendezvous mission parametrically to determine the injected weight required for
missions performed under various circumstances. In this regard, missions were
considered which had:

(i) crew sizes ranging from 2 to 14 men,

(2) weights of transported supplies to be deposited on the moonof 0 and
40,000 pounds,

(3) maximumlunar-orbit altitudes from 50 to 8,000 international nautical
miles,

(4) circular and elliptic lunar orbits with entry into and exit from the
elliptic orbits madeat apolune and perilune, and

(5) three different fuel combinations.

In addition, an analysis was madewherein the results were normalized in
terms of the command-moduleweight in order to illustrate the relative effects of
lander-capsule weight and weight transported to the moon. Throughout this report
the direct lunar mission, wherein all componentswere taken to the lunar surface,
is used for comparison.

SYMBOLS

E

ge

gm

H

h

K

2U (ft/sec)2total energy factor, -_-,

acceleration of gravity at surface of earth, 32.2 ft/sec 2

acceleration of gravity at surface of moon, 5.32 ft/sec 2

total number of men in crew

altitude, international nautical miles

specific impulse, ib-sec/ib

MR Wi
mass-ratio factor, K =



MR

m

r

rm

U

V

AV

W

percentage weight factors

e = Weight of landing gear .)"g'' kG Weight supported by landing gear

Wi
mass ratio,

Wf

mass, slugs

radius_ measured from center of lunar sphere_ ft

radius of the lunar sphere_ 5.702 × 106 ft

total energy, ft-lb

velocity, ft/sec

change in velocity, ft/sec

weight, ib

pilotage factor, allowances made for deviations from the flight pro-

files used in the computations

the acute angle between the earth-moon line and the asymptote of a

hyperbolic lunar orbit_ deg

flight-path angle, angle made by velocity vector with local lunar

horizontal, deg

orbital eccentricity

orbital angle measured from perilune, deg

Subscripts:

a,b,e,d quantities associated with four propulsive efforts of lunar-orbital-
rendezvous mission

e_f quantities associated with four propulsive efforts of direct lunar

mission

a apolune

B supplies container

C circular, when referring to velocities; thrust and attitude controls

when referring to weights
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DLV

E

F

f

G

H

i

L

LOEV

M

m

max

P

P

R

S

T

CL

5o

direct lunar vehicle

elliptic

fuel

final

landing gear

hyperbolic when referring to orbital elements_ man when referring to

weights

initial

lunar-lander manned module including lander crew (i.e., one less than

total crew)

lunar-orbital-rendezvous vehicle

command module including total crew

surface of moon

maximum altitude

payload

perilune

rotation of elliptic lunar orbit with respect to earth-moon line, used

in appendix A

supplies

tanks and engines

apolune of Hohmann descent ellipse when used in section "Propulsive

Increments"

perilune of Hohmann descent ellipse when used in section "Propulsive

Increments"

altitude of 50 nautical miles

Vehicle designations:

DLV

L

LLV

4

direct lunar vehicle

lunar-lander manned module

lunar-lander vehicle



LORV

M

S

lunar-orbit-rendezvous vehicle

commandmodule (crew capsule)

transported supplies

MISSIONPROFILE

The mission profile for the lunar-orbit-rendezvous mission considered in
this investigation is shownin figure i. A similar profile is shownfor the
direct lunar mission in figure 2. The operations of most significance in this
study are establishment of lunar orbit, descent to surface with lander vehicle,
take-off for lunar rendezvous with commandmodule left in orbit, and orbital
launch for earth return in commandmodule. Although specific allowance was not
madefor a plane changeat the moonthis situation is considered to be adequately
covered by a percentage allowance for deviation from the profiles given here.

Three lunar-orbit situations were assumedfor the investigation. (See
fig. 3.) In one situation, circular lunar orbits of various altitudes were con-
sidered. In the other two situations, elliptic orbits having various maximum

altitudes and a perilune distance of 50 nautical miles were considered. For

elliptic orbits, in one case, entrance and exit from lunar orbit were made at

perilune; in the other case, at apolune. It is recognized that stay time and the

initial inclination of the lunar orbit, in general, will dictate the point in

lunar orbit for injection to earth return and will prohibit operation exactly

from either apolune or perilune, but these conditions were chosen as representa-

tive of the situations that will be faced in orbit establishment. Appendixes A

and B give a more careful examination of this matter in terms of the direction of

approach and departure from the moon.

In this investigation, descent to the lunar surface and launch to lunar ren-

dezvous with the command module are assumed to be accomplished by a Hohmann

transfer. It is recognized that, in general, shorter transfers may be more prac-

tical from guidance, control, and other considerations, but for assessment of

relative weights the Hohmann transfer was believed to be adequate. In this

regard, one of the more attractive descent orbits is one having a period equal to

that of the rendezvous orbit. In this case, rendezvous i period later is facili-

tated in the event that final braking and descent is deferred. A substantial

allowance was made to account for such deviations from the Hohmann transfer.

For the purpose of establishing velocity increments_ the sequence of orbits
in the direct lunar mission was assumed to be the same as for the lunar-orbit-

rendezvous missions. In the direct lunar mission, the entire lunar vehicle was
taken to the surface of the moon.

The impulsive velocity increments necessary to obtain the various trajecto-

ries considered in this investigation are given in table I. Velocity increments

_Va, aVb, AVc, and AV d apply to the lunar-orbit-rendezvous mission. Velocity

increments AV a and AV d are required for braking into lunar orbit and injection
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to earth return. Velocity increments AV b and AV c are required for landing on

the moon and launch to rendezvous in lunar orbit. Velocity increments AV e and

_Vf apply to the direct lunar mission and are required for braking and landing

on the moon and launch and injection to earth return, respectively.

These velocity increments were multiplied by the factors indicated in

table II to allow for orbital plane changes, gravity influence due to finite

thrusting times, and piloting errors. The method of utilizing these velocity

increments to calculate the vehicle weights for the conditions investigated is

discussed in "Method of Analysis."

LUNAR-MISSION VEHICLES

Lunar-Orbit-Rendezvous Vehicle

A schematic of the lunar-orbit-rendezvous vehicle considered is shown in

figure 4. This vehicle consists of a command module M, propulsive elements a

and d, and a lunar lander L_ c, S, and b. The propulsive element a serves

to brake the entire vehicle into lunar orbit_ and the propulsive element d_ to

inject the command module M to earth return. The lander vehicle has propulsive

elements b and c; a supply element $3 and a manned module L. The propulsive

element b brakes the lander to the surface of the moon_ and the propulsive
element c launches the manned module L to a lunar rendezvous with the command

module M.

A significant version of the lunar-orbit-rendezvous vehicle is obtained if

the propulsive element d is omitted. Propulsive element a is then used to

brake the lander vehicle and command module into lunar orbit and to launch the

command module to earth return. This plan is reasonable if no large supply

weights are deposited on the moon in that the velocity increment associated with

braking into and launch from lunar orbit is only a total of about 6_600 ft/sec.

Staging boosters at velocity increments of lOgO00 ft/sec or more is accepted as

good practice. In this investigation it was intended to study the effect of

transporting large weights to the lunar surface and the booster requirements for

this task are inconsistent with the requirements for launch of the command module

to earth return; thereforej staging was employed to obtain a more realistic

weight structure.

For purposes of this analysis 3 the fuel-tank weight was assumed to be pro-

portional to the fuel contained so that WT = kTW F. The attitude control system

of a given stage was assumed to be proportional to the stage initial weight so

that W C = kcW i. The landing gear was assumed to be proportional to stage final

weight so that WG = kGW f. The factors kT, kc, and kG are shown in figure 4

for the various propulsive efforts. For propulsive efforts a, c, and d, kG

is 0 because no landihg gear is necessary on these stages.
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The command-module weight was considered to be a function of the mission

crew size. The weights for the various crew sizes included in this investigation

are given in table III. The items that make up these weights are a fixed weight

of 1,000 pounds for instruments, guidance, and communications; a weight of

2,375 pounds per man for men and associated equipment; a structural weight equal

to 0.25 of the first two items; and a heat shield weight equal to 1,300 (H/3) 2/3.

!

The lander-module (L) weight was considered to be a function of lander crew

size. The weights considered for the various crew sizes included in this inves-

tigation are given in table IV. In all cases, the lander crew is considered to

be one less than the mission crew (H - I). One man is left in charge of the com-

mand module on descent to the moon. The weight of the lander module is consti-

tuted of a fixed weight of 535 pounds for guidance, instrumentation, and communi-

cation; a weight of 439 pounds per man for a man, life support, and associated

gear; and a structural weight of 0.25 of the sum of the first two items.

The weight of the container for the supplies to be transported to the moon

was assumed to be proportional to the supply weight so that W B = ksW S. The

factor kS was taken to be 0.25. A man and space suit were assumed to weigh

200 pounds.

For eomparison_ a single-stage lunar lander was considered. This vehicle is

shown schematically in figure 5. Propulsive elements b and c are employed

as for the two-stage lunar lander, but in this case the fuels are contained in a

single tank. The weights of lander module L, fuel tank_ control system_ landing

gear_ and supply container were defined in much the same way as was employed for

the two-stage lunar lander. The fuel-tank weight was assumed to be proportional

to the fuel contained so that WT = kT(WF, h + WF,c) ; the attitude-control-system

weight was assumed to be proportional to the initial weight of the vehicle so

that W C = kcWi,b_ the landing-gear weight was assumed to be proportional to the

weight of the vehicle landed on the moon so that WG = kGWf,b; and the supply-

container weight was assumed to be proportional to the weight of the supplies so

that WB = ksW S. The values of the factors kT, kC, kG, and kS employed for

these calculations are given in figure 5.

Direct-Lunar-Mission Vehicle

A schematic of the direct-lunar-mission vehicle considered is shown in fig-

ure 6. This vehicle consists of a command module M, transported supplies S,

and propulsive elements e and f. The propulsive element e serves to brake

and land the entire vehicle at the moon, and the propulsive element f serves to

launch and inject the command module M to earth return. The considerations

concerning the weights of fuel tank_ the control system, and the landing gear
were much the same for this vehicle as for the lunar-orbit-rendezvous vehicle.

The weight factors for the two propulsive efforts e and f are given in

figure 6.
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Fuel Combinations

Two fuels were considered in this investigation. One was hydrogen/oxygen

with a specific impulse of 425 seconds; the other was nitrogen

tetroxide/unsymmetrical dimethyl hydrazine with a specific impulse of 315 sec-

onds. These fuels were considered in the combinations shown in table V for the

various phases of the lunar missions studied. Fuel combination 2 (425/315)

involved the use of the fuel with specific impulse of 315 in the lander and the

fuel with specific impulse of 425 for braking into and launch from lunar orbit.

This combination was not considered for the direct lunar mission.

METHOD OF ANALYSIS

Unit Rocket Equation

Consider a rocket which consists of a useful payload, a landing gear, atti-

tude control system, tanks and engines, and a fuel supply. (See fig. 7-) The

initial weight of such a rocket may be expressed as the sum of these components
as follows:

wi :wp +w a+w e +w T +wF

The final weights after a propulsive effort which consumes the fuel may be

written as:

(i)

wf = wi - wF

which, for later convenience, my be written

WF = W i - Wf (2)

Now the landing gear, attitude control, and tank and engine weights may be

written as simple proportions of their governing weights (i.e., final, initial,

and fuel weights, respectively) so that

WC = _W i (3)
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Substituting equations (3) into equation (i) gives

wi =Wp +_wf +_wi +_WF+WE (4)

Equation (4) reduces to the following equation:

(5)

Substituting equation (2) into equation (5) results in

(6)

Now substituting Wf - Wi for the final weight and combining terms gives
MR

MR - (_ + kclwi : wp

and dividing by the quantity inside the brackets gives the following result:

W i =
WpMR

(7)

Equation (7) may be written as

Wi = WpK (8)

where

K

MR
(9)

9



and the mass ratio may be written as a function of the change in velocity
resulting from the propulsive effort as follows:

AVc_

= ege I (io)

where the factor _ accounts for the influence of gravity during the finite

burning time, plane changes, and piloting inefficiency. (See table II.)

Lunar-0rbit-Rendezvous Rocket Equation

Consider the entire lunar-orbit-rendezvous-mission vehicle. (See fig. 4.)

The vehicle shown is staged after each propulsive effort because of the large

masses transported in some missions considered. When a large mass is deposited

on the lunar surface only a modest thrust capability is required to either return

the small lander capsule to orbit or inject the command module to earth return in

proportion to that required initially to establish orbit or to land. In cases

involving more or less constant payloadsj staging for velocity increments less

than i0,000 feet per second could hardly be justified because of the additional

complexity involved.

The initial weight of the entire lunar-orbit-rendezvous vehicle is formu-

lated by combining the unit rocket equation (eq. (8)) appropriately for the vehi-

cle elements of figure 4. In this formulation the payload element Wp of the

unit rocket equation has different values for the various propulsive efforts.

These values may be obtained by summing the elements of figure 4, and are

Wp,a = Wi,d + Wi,b - (H - I)W H

Wp,b : Wi,c + (i + _)W s

Wp, c = WL

Wp,d : WM

By use of the unit rocket equation (eq. (8)), the following equations are
obtained:

(ii)

Wi, a = Wp,aK a (12)

io



and

Wi, b = Wp,bKb ]

Wi,c = WP, cKc 1

i
I

Wi, d = Wp,dKdj

(13)

Substituting equations (ll) and (13) into equation (12) gives the following equa-

tion for the initial weight of the vehicle in transit to the moon:

and finally when normalized with respect to the command-module weight

Wi,a

wM
Ka (14)+ _ +(1+ks) Kb-IH 1_

The mass-ratio factors Ka_ Kb, Kc, and Kd correspond to propulsive incre-

ments _Va, _Vb, _Vc, and _Vd, respectively. (See eqs. (9) and (i0).) The

factor kS when multiplied by the weight of the transported supplies gives the

weight of the containing structure. This factor was taken as 0.25 in this anal-

ysis. The factor WH is the weight of one man and a space suit, and (H - i) is

the number of men carried in the lander vehicle.

If two lander vehicles are carried on the mission, then equation (14)

becomes

Wi,a

wM

Dire ct-Lunar-Mi ssi on Rocket Equati on

Consider now the entire direct-lunar-mission vehicle.

this case,

Wp, e = Wi, f + (i + ks)Ws)
Wp,f --wM

(See fig. 6.) In

(15)

ii



and, from the unit rocket equation (eq. (8)),

and

Wi,e : Wp,eKe (16)

Wi, f = Wp,fKf (17)

Substituting equations (15) and (17) into equation (16) gives the following equa-
tion for the initial weight of the direct-lunar-mission vehicle in transit to
the moon:

and finally whennormalized with respect to the command-moduleweight

wM
(18)

The mass-ratio factors Ke and Kf correspond to propulsive increments AVe

and AVf, respectively. (See eqs. (9) and (lO).)

The ratio of the injected weight for a lunar-orbit-rendezvous mission in

comparison with that for a direct mission is the ratio of equation (14) to

equation (18).

+ Kc + ks wS

f + (i

For a parametric analysis consider a three-man mission such that

(H - l) = 2 and WH = 0.0175 then

wM

(19)
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Wi ,LOR V Ka <Kd

Wi,DLV

+ + + )

f+ (1

(20)

Single-Stage Lander Rocket Equation

Consider the case of a single-stage lander vehicle. (See fig. 5.) In this

case there is no staging of tanks on the moon; however; there is allowance for

the deposit of supplies after landing. The propulsive efforts are indicated as

b and c corresponding to the propulsive efforts of the two-stage lander vehicle

shown in figure 4. These efforts correspond to landing on the moon and take-off;

respectively.

The weights of the tank, control system, landing gear, and supply container

are defined as

wT = WF,b + WF,o

W C = kcWi, b

WG = kGWf,b

wB = ksWs

(2l)

so that the total final weight of the single-stage lander may be written as

Wf,c = WL + WC + WG + WT (22)

where WF, b and WF, c refer to weights of fuel for propulsive efforts b and

c, Wi, b refers to the initial weight of the lander prior to propulsive effort

b, Wf, b refers to the final weight of the lander after propulsive effort b;

W S refers to the weight of supplies transported to the moon, and WL refers to

the weight of the lander capsule. Now the mass ratio becomes

m% = ---Wi'b (23)
Wf,b
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and

Wi ,c

MR c - Wf,c

Because of the deposit of supplies,

(24)

Wf, b - (i + ks)W S : Wi, c

Combining equations (23), (24), and (25) gives

(2_)

Also,

Wi,b = MRbIMRcWf,c + (1+ )ws] (26)

a,nd

WF,c = (MRc - l>Wf,c (27)

(28)

Substituting equations (21), (22), (23), (24), (2_), (27) , and (28) into equa-

tion (26) and solving for Wi, b gives the following equation for the initial

weight of a single-stage lander:

(29)

_V_

where MR = egel. Equation (29) may be combined with the unit rocket equation

(eq. (8)) for propulsive efforts a and d of the vehicle shown in figure 4 to

obtain the initial weight of a lunar-orbit-rendezvous vehicle having a single-
stage lander. In this case,

Wi, d = WMK d
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Wi, b : Wi,lander (from eq. (29))

and finally

Wi,a = IWMKd + Wi,lander - (H - I)WHIKa

IK Wi'lander W_M{1
Wi'a - Ka d + (H - i)

wM wM

Propulsive Increments

The velocity increments necessary for accomplishment of the lunar-orbit-

rendezvous mission are given as aVa, aVb, AVc, and AV d in table I. These

increments are the impulsive values required for accomplishing the required

orbital transfers according to two-body theory. The velocity increments AVe

and AVf are those required for the direct lunar mission. These quantities

were calculated from the following formulation.

Lunar-orbit-rendezvous mission.- For a circular lunar orbit, the following

velocity increments are used:

For entrance into lunar orbit,

AV a = VH - V C

for descent and landing on the moon,

for ascent to lunar orbit,

aVb = (VC - V_) + V_

AVc = (VC - V_) + V_

and, for launch out of lunar orbit to an earth return,

AV d = VH - V C
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For an elliptic lunar orbit entered at apolune, the following velocity

increments are used:

For entrance into lunar orbit,

AV a : VH - V a

for descent and landing on the moon_

for ascent to lunar orbit,

AVb = (Vp- V_) + V_

AV c = (Vp- V_) + V_

and, for launch out of lunar orbit to an earth return_

AV d = VH - V a

For an elliptic lunar orbit entered at perilune, the following velocity

increments are used:

For entrance into lunar orbit,

AV a = VH,50 - Vp

for descent and landing on the moon,

aVb = (Vp- V_)+ V_

for ascent to lunar orbit_

aVc = (Vp-V_) +V_

and_ for launch out of lunar orbit to an earth return,

AV d = VH,50 - Vp

16



Direct lunar mission.- For direct lunar missions corresponding to each of

the three modes of lander missions, the following velocity increments are used:

For braking, descent, and landing,

AVe = AVa + AVb

and_ for ascent to orbit and launch,

AVf = AVc + AV d

The velocities required for these expressions are obtained from two-body

theory with VH,50 = 8,700 ft/sec given to establish a reasonable energy level

for the hyperbolic lunar approach trajectories.

The hyperbolic velocities are

VH = (EH + 2Vc2) I/2

where the total hyperbolic energy factor EH is

2 2
EH = VH,50 - 2Vc,50

The circular satellite velocities are

" r _i/2
_m V

VC = Qrma x) C,m

r 1/2

(o)vVC, 50 = r50 C ,m

where the circular satellite velocity at the surface of the moon VC, m is

obtained from the expression

VC,m = (gmrm) I/2

17



The elliptic lunar orbit satellite velocities are apolune velocity

\i/21 r \1/2
Va 21/21 rm 5o v

= - -rso" ) IrT_ax ) C,mrma x +

and perilune velocity

rm
\rmax + rso"/ \r--_O J VC_m

The Hohmann descent velocities are apolune (initiation of descent) velocity

m _ I m_ V21/2 / r ,1/2 r 1/2
V_

= _r _rmJ \-_-J C,m

and perilune (touchdown) velocity

.112 i12

(r rm m)(r)= 2112 ¥¥ Vc,m

where r in the equations for V_ and V_ takes the value of rma x for

descent from a circular orbit and rso for descent from an elliptic orbit.

RESULTS

The results of the calculation of vehicle weights for the lunar-orbit-

rendezvous and direct lunar missions considered in this investigation are given

in table VI. This table gives the entire lunar-vehicle weight approaching the

moon and lunar-lander-vehicle initial weight for the lunar-orbit-rendezvous mis-

sions and the entire lunar-vehicle weight approaching the moon for the direct

lunar missions. Values are given for the specific-impulse combinations of

table V, for various orbit altitudes, for both circular and elliptic lunar

orbits, for entrance into elliptic orbits at both apolune and perilune, and for

weights transported to the moon of 0 and 40,000 pounds. Some of these results

are plotted in figures 8 to 18 in order to better illustrate the effects involved.

Figures 8 to 13 show the effects of orbit altitude and specific impulse on vehi-

cle weights for three-man lunar missions with circular lunar orbits and elliptic

lunar orbits entered at apolune and perilune. Figures 14 to 18 show the effects

18



of transported weight and mission complement on vehicle weights for lunar missions

with close circular lunar orbits (h = i00 nautical miles) and three specific-

impulse combinations. Figures 19 and 20 give a comparison of the weights of

lunar-orbit-rendezvous- and direct-lunar-mission vehicles as a function of trans-

ported weight for two specific impulses. These results are for three-man crews

and circular lunar orbits with altitude of i00 nautical miles. Figure 21 shows

the effect of varying the ratio of module weights (command to lunar lander) on

the ratio of vehicle weights (lunar orbit rendezvous to direct mission) for

various amounts of weight transported to the moon. Table VII gives a comparison

of the initial weights of one-stage and two-stage lunar-lander vehicles. The

two-stage vehicle was used for most of this investigation.

DISCUSSION

Effect of Orbit Altitude

The substantial weight advantage of the lunar-orbit-rendezvous mission in

comparison with the direct lunar mission is readily evident on examination of
the results of table VI. The lunar-orbit-rendezvous mission requires much less

vehicle weight for all the missions considered. For no transported weight the

ratio of vehicle weights (lunar-orbit-rendezvous mission to direct lunar mission)

is 1/3 or less. Lunar-orbit altitude has a substantial effect on the weights of
lunar vehicles for both the lunar-orbit-rendezvous and direct lunar missions in

a majority of the cases investigated. Vehicle weights increase with orbit alti-

tude for circular lunar orbits and elliptic lunar orbits entered at apolune.

The weight of the direct-lunar-mission vehicle is not affected by lunar-orbit

altitude for the elliptic lunar orbit entered at perilune. (See figs. i0 and 13

and table VI.) The insensitivity to lunar-orbit altitude in this case results

from the fact that the velocity increments do not change with lunar-orbit alti-

tude. (See table I.)

The weight of the lunar-orbit-rendezvous vehicle is affected by lunar-orbit

altitude in varying ways for the case of the elliptic lunar orbit entered at

perilune depending on the transported weight and specific-impulse combination

employed. (See figs. 8 and ii.) When a supply package of 40,000 pounds is

transported to the moon the vehicle weights increase appreciably with orbit alti-

tude for all specific-impulse combinations investigated. (See fig. ii.) In fig-

ure 8, when no weight is transported to the moon the effect of orbit-altitude

change is dependent on the specific-impulse combination chosen. For a mission

with a specific impulse of 315 throughout, the minimum vehicle weight occurs at

about 750 nautical miles. For a mission with a specific impulse of 315 employed

in the lander and a specific impulse of 425 employed for deceleration into and

launch from lunar orbit a different result is obtained. In this case vehicle

weight increases with orbital altitude throughout the range studied. (See

fig. 8.) For a mission with a s_ecific impulse of 425 throughout, the vehicle

weight decreases with increase in orbital altitude. The major decrease in vehi-

cle weight is obtained for an increase in orbital altitude to 2_000 nautical

miles. Little additional benefit accrues when the maximum orbital altitude is

increased to 8,000 nautical miles. Basically the changes in vehicle weight with
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orbital altitude for the elliptic orbit entered at perilune are small in com-

parison with the changes that occur for the other two types of lunar orbits

considered.

The weights of the lunar landers which descend from the perilune of the

elliptic lunar orbits are appreciably lighter than those of the landers which

descend from the circular lunar orbit. The velocity increment required for

descent to the lunar surface from a circular lunar orbit is greater than that

required for descent from an elliptic orbit of the same maximum altitude. This

difference requires a greater propulsive weight for the lander in circular orbit.

(See table VI.)

Effect of Transported Weight

Transporting cargo to the lunar surface and increasing the crew size

increases the weight of the required lunar vehicle. (See table VI and figs. 14

to 18.) A comparison of vehicle weights for direct and lunar-orbit-rendezvous

vehicles as conceived for this study is given in figures 19 and 20 for a three-

man mission using a circular lu4aar orbit with altitude of i00 nautical miles.

The rate of change of vehicle weight with increase in transported weight is only

slightly different for the two mission concepts. As greater weights are trans-

ported the direct-lunar-mission-vehicle weight becomes closer percentagewise to

the weight of the lumar-orbit-rendezvous vehicle. With a transported weight of

40,000 pounds, however, the three-man direct mission vehicle is still 1.83 times

as heavy as the lunar-orbit-rendezvous-mission vehicle for a specific impulse of

315 seconds. For a specific impulse of 425 seconds this ratio is about 1.35.

For a specific impulse of 315 and 425 seconds and no weight transported to the

moon, this ratio is 5-35 and 3.08, respectively.

Effect of Lander Weight

Changes in the ratio of lander-capsule weight to command-module weight as

would be required in order to change the environmental situation for the lander

crew has a substantial effect on the relative weights of lunar-orbit-rendezvous

and direct-lunar-mission vehicles. (See fig. 21.) The range of the ratio of

lander-capsule weight to command-module weight used in most of this investiga-

tion is indicated to be about 0.16. Varying this factor from 0 to 0.4 changes

the ratio of lunar-orbit-rendezvous-vehicle weight to direct-lunar-mission-

vehicle weight from about 0.2 to about 0.5 for no transported weight. As the

transported weight is increased the sensitivity of this ratio to lander-capsule

weight is substantially decreased. In these calculations the lander is assumed

to always carry two men to and from the moon even when the lander-capsule weight

goes to O. This assumption was felt to be reasonable in that the purpose of the

calculation was to illustrate the effect of different design concepts for the

lander module. In some cases, simple unenclosed designs have been proposed which

weigh very little. In other cases more substantial "shirt-sleeve" environment

designs have been put forward.

Effect of staging on lunar-lander weight.- A two-stage lunar lander is

appreciably lighter than a single-stage lunar lander for the conditions
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investigated. (See table VII.) However, whenno weight was transferred to the
lunar surface and the specific impulse of the fuel was 425 seconds the weight
penalty for the use of a single-stage lander was only 25 percent. Where
40,000 pounds of supplies were deposited on the moonand a specific impulse of
315 secondswas employed, the single-stage lander weighed about three times as
muchas the two-stage lander.

CONCLUDINGREMARKS

A parametric study of lunar-mission vehicles designed for lunar-orbit-
rendezvous and direct lunar missions wasmadefor the purpose of determining the
injected weight required for missions performed under various circumstances.

Weights for vehicles in transit to the moonwere obtained for missions which
had crew sizes from 2 to 14 men, transported supplies to be deposited on the moon
up to 40,000 pounds, circular and elliptic orbits at themoon with maximumalti-
tudes from 50 to 8jO00 nautical miles, points of entry into elliptic lunar orbit
at both apolune and perilune, and three fuel combinations.

The vehicle weight in transit to the moonwas much less for the lunar-orbit-
rendezvous missions than for the direct lunar missions. For the cases where no
weight was transported to be left on lunar surface, the ratio of injected weights
varied from about 0.4 to 0.i depending on the fuel combination and lunar-orbit
altitude considered.

For the lunar-orbit-rendezvous mission the lowest lunar-mission-vehicle
weights were generally obtained for low-altitude orbits. For elliptic lunar
orbits entered at perilune, vehicle weight was relatively insensitive to lunar-
orbit altitudes. For circular lunar orbits and elliptic lunar orbits entered at
apolune, vehicle weight increased markedly with lunar-orbit altitude.

For a booster with an injection capability of 120,000 pounds, the direct
three-man lunar mission, as analyzed herein, using fuel with a specific impulse
of 425 seconds would have no capability for transporting supplies to be left on
the moon. The comparable lunar-orbit-rendezvous mission would have the capa-
bility of transporting about 20,000 pounds of supplies or scientific equipment to
the moon.

Langley ResearchCenter,
National Aeronautics and Space Administration,

Langley Station, Hampton,Va., January 14, 1963.
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_P_D_ A

ESTABLISHMENTOFELLIPTIC LUNARORBITS

Consider the problem of the establishment of an elliptic lunar orbit with
the major axis alined in a chosen direction with respect to the earth-moon line.
The orbit to be established at the moonand the transfer orbit to the moonare
assumedto be coplanar. Figure 22 showsthe geometry of the problem. The
angle OR through which the major axis of the elliptic lunar orbit is rotated
with respect to the earth-moon line is specified. Also_ the elliptic lunar orbit
is specified by its perilune and apolune altitudes. The hyperbolic transfer tra-
jectory is only partially specified by its total energy EH and by the con-
straint that its perilune lies on the earth-moon line.

In this analysis the impulsive braking increment of velocity AVR is
applied opposite to the direction of the hyperbolic velocity vector so that the
condition is imposed that the hyperbolic and elliptic orbits about the moonbe
tangent at the braking point. The braking point is defined by rR,eH,R for the
hyperbolic orbit and rR,eE, R for the elliptic orbit_ where 8 is measured
clockwise from the perilune of the respective orbits. Since it is desired to
examine the effect that the rotation has on the propulsive expense of entry into
a specified elliptic orbit the pertinent expressions will be derived in terms of
the knownelliptic orbit a_d a hyperbolic orbit of the specified energy that has
no rotation associated with it (i.e., the perilune of the hyperbolic orbit is
coincident with the perilune of the elliptic orbit). The zero rotation hyper-
bolic orbital elements are specified by the subscript 0 and maybe obtained as
follows:

From the condition of coincident perilunes,

rH,p, 0 = rE,p

and, from the condition of fixed total energy,

vo Irm v r0 mI
where VC, m is the circular satellite velocity at the surface of the moon and is

equal to (gmrm)i/2; therefore, the eccentricity is
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2

 H,o \ rm /\ Vc,m/
- i

and the angle made by the asymptote of the hyperbolic trajectory with the earth-

moon line is

_H,O : c°s-IIel--_-I

\

The braking velocity increment for zero rotation then is

where VE, 0

puted from the expression

AV 0 = VH,p, 0 - VE, 0

is the velocity _t perilune of the elliptic orbit and may be com-

1/2q
+ eEl ] VC ,m

,j

For the more general tangency condition where the radii and flight-path

angles of the hyperbolic and elliptic orbits are equal, the following expressions

may be written from the equations for conic sections:

equal radii

rH,p,R (eH,R + i)

i + eH, R cos 0H, R

rE,p (eE + i)
= (AI)

i + eE cos OE, R

equal flight-path angles

eH, R sin eH, R ¢E sin 8E, R= (A2)
I + ¢H,R cos eH, R i + cE cos OE, R

and from figure 22 the angular relationship may be written as

OH_ R - OE, R = OR (A3)

23



By use of the fixed hyperbolic energy condition the following expression may be

obtained:

(As)

Substituting equation (A4) into equation (AI) gives

rH,p,O leH,R + i) (¢H,R

-- i + eH,R cos eH, R
i + eE cos BE, R

(As)

Since rH,p,O = rE,p' equation .(A5) becomes

i + 6E cos %E,R
i + eH, R cos %H,R

To solve for 6R,R in terms of 8H,R and

equation (A2) and collect terms so that

8E_R _ first cross-multiply

+ CE(sin 8H,R cos eE, R - cos 8H, R sin BE,R)_ = eE sin 8E_ R

(AT)

Equation (A7) may be written as

+ :
Substituting 8R for (SE,R- eE,R) in equatiOn (A8)and dividing resLLlts in the

following expression:

eE sin 8E, R (A9)

sin 8H, R + CE sin 8R
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Substituting equation (A9) into equation (A6) gives the following equation:

_E sin 9E, R + (sin eH,R + CE sin eR)_ICE sin eE,R - (sin 9H,R

I +

cE sin 8E_ R cos 8H, R_ + sin 8R) 2

(sin 8H, R + cE sin 8-_)j(sin 8H, R cE

i + eE cos 8E, R

(AIO)

Equation (AIO) may be reduced to the following form with the aid of equation (A3):

CE2sin28E,R - (sin 8H,R + CE sin 8R) 2 : (cE + I)(_H,O - i)

sin OH, R + e E sin 8R)sin OH, R

(All)

Now, substituting 8H, R - 8R for 8E, R in the numerator of equation (All) and

reducing gives

where

cos 28R)sin 8H, R + sin 28R cos 8H; R : -B sin 8R

A __

l+ _l)
2

cE

and

Dividing by cos eH, R

B __

cE

and squaring both sides gives

(A - cos 28R)2tan28H,R + 2(A - cos 28R)sin 28R tan 8H_R + sin228R

= B2sin28R(1 + tan2eH_R)
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Collecting terms and solving for eH, R results in the expression

-cos 2eR)sin 2eR+ _A-i) - c2sin2eRJ_sine
tan -1 _

8H,R =

where

CE

(AI2)

It is now possible to completely define the new hyperbolic orbit that will

permit the specified rotation of the elliptic orbit. The eccentricity may be

determined by the use of equation (A9) which is

where

eE sin BE, R

6H_R = (sin 8H, R + eE sin 8R)

8E_ R = 8H_ R - 8R

The perilune radius of the new orbit may be obtained from equation (A4) which is

_(£H_R - iii
rH_p, R = l(e--_,0 _ rH_p_O

The angle made by the asymptote of the new hyperbolic trajectory with the earth-

moon line is given by the following equation:

i i
COS- I_----_

=

This completes the definition of the new hyperbolic trajectory.

In order that the hyperbolic and elliptic velocities be determined, the

tangency radius rR may be evaluated as shown in the following equation:

(A13)
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rR -
rH,p_RIeH,R + i)

1 + eH,R cos eH, R

(AI$)

The hyperbolic velocity at the tangency point then is

1/2

12(rm_ + rm i_
(AIS)

and the elliptic velocity is

i/2

--L\W
(AI6)

Finally_ the impulsive velocity increment required to brake from a hyperbolic

orbit of a given energy to a specified elliptic orbit having its major axis at a

specified angle eR with respect to the earth-moon line is

AV R = VH, R - VE, R (AI7)

For the case in which 180 ° rotation of the elliptic orbit is desired, the

simpler approach used in computing the zero rotation quantities may be used as

shown hereinafter (the subscript _ is used to denote the 180 ° rotation

condition). From figure 22 it may be seen that this situation is one in which

the perilune of the hyperbolic trajectory is coincident with the apolune of the

elliptic orbit

rH,p, _ = rE, a

and from the condition of fixed total energy

n1/2
+2 / rm \ 21

VH,p,_: = H I' r -- -}Vc,m-I

\ j
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so that the eccentricity is

2

= IrHjp,_IIVH,p_I - 1

and the angle made by the asymptote of the hyperbolic trajectory with the earth-
moon line is

_li,_= t,,_i,_i

The braking velocity increment for 180 ° rotation then is

AV_ = VH,p, _ - VE, _

where VEj _ is the velocity at apolune of the elliptic orbit and may be computed

from the expression

ir 77, ) 1/2VE_ _ = rm (i - _E)J VC_m

The results of this analysis for the case of an elliptic orbit having a

perilune altitude of 50 nautical miles and an apolune altitude of 2_000 nautical

miles are presented in figure 23.
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APPENDIX B

CONSIDERATION OF A PLANE CHANGE MADE ON ENTRY TO LUNAR ORBIT

Plane changes may be required in order to enter the desired lunar orbit.

One way in which such changes may be made without undue cost in fuel expenditure

is by appropriate direction of the thrust vector at the time that deceleration is

made into lunar orbit. Such a change would be made near perilune of the hyper-

bolic approach trajectory. Because of this factor such a maneuver may not be

desirable for all translunar trajectories.

For the case where perilune of the hyperbolic approach trajectory is near

the lunar equator, the trajectory is inclined at an angle 8 to the lunar equa-

tor, and the desire is to enter lunar orbit in the plane of the lunar equator.

The initial velocity VI and final velocity V 2 are arranged as shown in the

following sketch:

//AV/

4 v2

The objective in this appendix is to calculate the difference between the veloc-

ity change required to enter an equatorial orbit when 8 has a value greater

than 0 and when 8 has a value equal to O. From the sketch, this difference is

AVs_ 0 f_Ve=0 (VI 2 V2 2 2VIV 2 8) 1/2- = + - cos - (VI - V2) (BI)

This expression may be written in the following form:
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The radical may be expanded in a power series and only the first order terms

retained so that

z_ve_o - AVe= o =

VIV282
(B2)

This formula is restricted by the requirement that V I and V 2 be appreciably

different and that e be small.

For V I = 8,700 ft/sec and V 2 = 5,400 ft/sec, the values in the following

table result from the approximate expression (eq. (B2)) and the exact expression

(eq. (BI)).

8, radian

0.05

.i0

.15

.2_

.55

AVe_ 0 - A¥8= O, ft/sec

Approximate

17.95

71.18

160.16

416.3i

772.66

Exact

17.94

70.37

156.16

444.89

871.98
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TABLE II

PLANE CHANGE AND PILOTING ALLOWANCES IN VELOCITY INCREMENTS

Mission phase

Lunar-orbit-rendezvous mission

1.05Establish and launch from orbit

(propulsive efforts a and d)

Descend and launch to rendezvous

(propulsive efforts b and c)

1.25

Direct lunar mission

Overall allowance 1.15

(propulsive efforts e and f)

33



TABLE llI

COMMAND-MODULE WEIGHTS

Mission

crew

2

3

8

14

Weight, ib

Fixed

1,000

1,000

1,000

1,000

Men and

associated

equipment

4,750

7,125

19_000

33,25o

Structural

1,437

2,031

5,000

8,563

Heat shield

993

1,]500

2,500

3,63o

Total

8,180

11,456

27,500

46,443
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TABLE IV

LUNAR-LANDER-MODULE WEIGHTS

Mission

crew

2

3

8

14

Lander

crew

I

2

7

13

Fixed

535

535

535

535

Weight, ib

Men and

associated

equipment

439

878

3,073

5,707

Structural

244

353

9o2

1,561

Total

1,218

1,766

4,510

7,803
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TABLE V

SPECIFIC IMPULSES EMPLOYED

Fuel Fuel Braking Landing Take-off Launch

combination designation to orbit from orbit to orbit from orbit

Lunar-orbit-rendezvous mission

I

2

3

4e5/425

425/315

315/315

425

425

315

425

315

315

425

315

315

4e5

425

_15

Direct lunar mission

i

3

425/425

315/3!5

425

315
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TABLE VII

COMPARISON OF INITIAL WEIGHTS OF 0NE-STAGE AND TWO-STAGE

LUNAR LANDERS FOR A THREE-MAN MISSION USING

A IO0-NAUTICAL-MILE CIRCULAR LUNAR ORBIT

Vehicle

Weight, ib, for -

WS = 0 Ib W S = 40,000 ib

I = 425 seconds

One-stage lander

Two-stage lander

11,032

8,870

181,012

125,451

I = 315 seconds

One-stage lander

Two-stage lander

37,691

15,377

500,735

169,456
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Propulsive

element

f_ (H - I)W H

___ Lunar-Lander ___
Vehicle

kG kc kT

0 .080 .iii

b .O6O .080 .iii

C 0 .08O .iii

d 0

Figure 4.- Schematic of lunar-orbit-rendezvous vehicle.

.08O

kS = 0.250, WH : 200 pounds.

.IIi
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(H - I)W H

kG kC kT kS

.O6 .O8 .Iii

Figure 5.- Schematic of single-stage lunar l_der.

.250

W H = 200 pounds.
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kT

e 0.060 .080 .111
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Figure 6.- Schematic of _rect lunar-_ssion vehicle. ks : 0.250.
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Figure 7.- Schematic of unit rocket system.
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